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CHAPTER 1 

DESIGN OF INTERPLANETARY TRAJECTORIES 

1.1. Introduction 

An interplanetary flight is the journey of a vehicle, spacecraft from Earth to 

a definite point of the solar system. Once the spacecraft escapes Earth, it becomes an 

independent member of solar system and therefore its motion can be first 

approximated by laws of two-body problem with Sun as the central body. The 

solution of two-body problem is a conic section – an ellipse, parabola or hyperbola. 

From all three types of conical sections elliptical orbit has the smallest initial velocity 

– hence most economic. Thus, a spacecraft launched from Earth towards any 

planet/moon should perform its journey in an arc of an ellipse with Sun at one of the 

foci, Earth on one end of the arc and the destination planet on the other end of the arc. 

1.2. Interplanetary Trajectory Design Methodology 

Interplanetary trajectory design is an iterative process which begins by 

finding simple baseline trajectory as a reference, which is improved by adding 

complexity in each step. The final phase of trajectory design is obtained by solving 

the four-body equations of motion, involving the departure and arrival planets, Sun 

and the spacecraft (Vallado, 2001).  
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where,       and    are the gravitational constants of Sun, Earth and the destination 

planet, respectively,  ⃗   ⃗⃗⃗⃗  and   ⃗⃗⃗⃗  are the radius vector of spacecraft with respect to 

Sun, Earth and destination planet, respectively, and    ⃗⃗ ⃗⃗⃗ and   ⃗⃗ ⃗⃗ ⃗ are the radius vector 

of Earth and destination planet, respectively, with respect to Sun. 
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But this equation does not have closed form solution. If a baseline trajectory 

is not available, then searching for a favorable trajectory using numerical integration 

over search space for all the design variables will involve enormous computer time 

and often it is not possible. This necessitates analytical design methodologies for 

initial design phase.  

If the orbits of the planets were 

circular and coplanar then 

Hohmann transfer ellipse is most 

economical. It is the ellipse in 

contact with the circular orbits of

Earth and destination planet 

exactly at perihelion and 

apohelion (in case of exterior 

planet and vice versa for interior 

planet).  
 

Fig. 1.1: Hohmann Transfer Geometry 

That means in order to have a minimum energy transfer trajectory, the transfer angle 

between heliocentric positions of Earth on departure date and destination planet on 

arrival date should be 1800. The years for which such an approximation of position 

occurs are said to offer launch opportunity. Fig. 1.1 gives the Hohmann transfer 

geometry for transfer between Earth and Mars. The periapsis of the transfer orbit is 

the position of Earth at departure (rE), which is diametrically opposite to the apoapsis 

of transfer orbit which is the position of Mars at arrival (rM). ∆V1 is the velocity 

change required to put the spacecraft from Earth’s orbit to transfer orbit and ∆V2 is 

the velocity change required to put the spacecraft from transfer orbit to Mars’ orbit.  

Hohmann geometry enables to locate the launch opportunity for 

interplanetary transfers. The minimum energy transfer occurs in the neighbourhood 

of Hohmann geometry. The synodic period is the time interval between launch 

opportunities and is characteristic of each planet. If ω1 and ω2 are the orbital angular 



3 
 

rates of the inner and outer planets, respectively, moving about Sun in circular orbits, 

then the mutual configuration of the two bodies changes at the following rate: 

          
   

 
                                           

If a period of revolution P is defined as  
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where PS is the synodic period, ie, the period of planetary geometry recurrence, and 

P1 and P2 are the orbital sidereal periods of the inner and the outer planet considered, 

respectively. Since the planetary orbits are neither exactly circular nor coplanar, 

launch opportunities do not repeat exactly, some opportunities are better than others. 

Synodic cycle consists of a number of synodic periods when there is a complete 

repeat of trajectory characteristics. It occurs when exactly the same orbital geometry 

of departure and arrival body recurs (Sergeyevsky et al., 1983). Table 1.1 gives the 

synodic period for Mercury, Venus, Mars and Jupiter (http://star.arm.ac.uk; 

www.opencourse.info).  

Table 1.1: Synodic Period for some planets 

 Mercury Venus Mars  Jupiter 

Synodic Period (days) 116 584 780 399 

The basic assumption in Hohmann transfer is that the departure and arrival 

orbits are circular and coplanar. As first step, Hohmann transfer gives a good starting 

solution as the planets in the solar system lie very close to the ecliptic plane with 

small eccentricities. But in order to be more precise, Lambert conic or point conic 
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method (Fig. 1.2) is used which takes into account the actual positions of planets. 

Three dimensional transfer trajectory characteristics are obtained in the framework of 

two-body problem. Still the planets are considered as point masses, their gravity is 

not considered. The velocity requirements and orientation of elliptical Earth parking 

orbit are obtained using point conic method, described in the Appendix F. 

 
Fig. 1.2: Lambert conic transfer geometry 

Further improvement is possible by the use of pseudostate theory (Fig. 1.3), 

first introduced by Wilson (1970) and modified by Byrnes (1979). Venkattaramanan 

(2006) has developed this method for lunar transfers. Pseudostate theory solves the 

Lambert problem, not between true planetary positions, but between two computed 

“pseudostates”. These are obtained by iteration on two displacement vectors of the 

planetary ephemeris positions on departure and arrival dates. 
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Fig. 1.3: Pseudostate transfer geometry 

Further refinement comes from patched conic technique where the gravity of 

departure planet, Sun and arrival planets are considered one at a time. The trajectory 

is divided into heliocentric and planetocentric stages, depending on sphere of 

influence of planets where two-body approximation holds good. The sphere of 

influence, SOI of a planet is the radial distance surrounding the planet where its 

gravity becomes dominant over the Sun’s. If ms and mp be the masses of Sun and the 

planet respectively, and Rp be the distance between the Sun and the planet then the 

SOI radius about that planet is given by (Curtis, 2005) –  

        (
  

  
)

 
 ⁄

                                                         

SOI, in fact, is not quite a sphere. The distance to the SOI depends on the angular 

distance θ from the massive body. A more accurate formula is given by (Barrabés et 

al., 2004) –   
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Table 1.2 (from en.wikipedia.org) gives the SOI radius for some planets. SOI is more 

a concept than a physical reality. 

Table 1.2: SOI radius for some planets and Moon 

 Mercury Venus Earth Moon Mars  Jupiter 

SOI radius (million km) 0.112 0.616 0.924 0.0661 0.576 48.2 

In patched conic method, as shown in Fig. 1.4, the trajectory from departure 

planet to arrival planet is divided into three segments. When the spacecraft is within 

the SOI of departure planet, two-body equations of motion (considering departure 

planet and spacecraft) are solved. At an infinite distance (r = ∞ at the SOI), only the 

velocity determines the energy. It may be zero or some positive value,    ⁄ . If the 

energy is positive, further motion is possible. The quantity    ⁄  is often called v-

infinity, v∞, or hyperbolic excess velocity because it is the excess velocity at 

“infinity”,      
     ⁄ , ie, twice the injection energy per unit mass. Once 

outside the SOI of departure planet, the spacecraft is under influence of Sun, so two-

body problem considering Sun and spacecraft are solved. When the spacecraft 

reaches the SOI of arrival planet, hyperbolic excess velocity with respect to arrival 

planet is computed and then equations of motion of two-body problem considering 

arrival planet and spacecraft are solved.  

 
Fig. 1.4: Patched conic transfer geometry 



7 
 

The final phase of trajectory design is using numerical integration of the 

trajectory starting from Earth parking orbit (EPO) till the desired orbit around 

destination planet using full force model. The final trajectory obtained from above 

methods is the minimum energy trajectory satisfying the launch vehicle constraints at 

EPO and reaching the desired mapping orbit around destination planet and satisfying 

mission constraints, is refined using numerical integration of full force model 

considering gravity of all influencing planets and other perturbations acting on the 

spacecraft. Further details on the above methods can be obtained from Gurzadyan 

(1996); Venkattaramanan (2006); Curtis (2005); Battin (1999). 

1.3. Fly-by and Orbiter Trajectories 

Interplanetary transfer trajectory involves two Manoeuvres: 

(i) Trans-planetary Injection (∆VTPI) that enables spacecraft to escape from 

Earth’s gravity and begin its journey towards destination planet 

(ii) Planetary Orbit Insertion (∆VPOI) puts the spacecraft into an orbit around the 

destination planet. 

On the course of travel, some corrections in the trajectory are carried out using 

Trajectory Correction Manoeuvres (∆VTCM). 

Planetary missions are in general classified as (i) Fly-by missions, and (ii) Orbiter 

missions. In a fly-by mission, only ∆VTPI velocity impulse is applied so that the 

spacecraft fly-bys the destination planet. In such cases only ∆VTPI velocity impulse 

needs to be minimized to find minimum energy transfer trajectory. For orbiter 

missions, both ∆VTPI and ∆VPOI velocity impulses are applied. Thus for orbiter 

mission, the sum of ∆VTPI and ∆VPOI is to be minimized to find minimum energy 

transfer trajectory.   

As mentioned in the previous section, the minimum energy launch opportunity occurs 

in the neighbourhood of Hohmann-like geometry. In order to find the desired 

minimum energy trajectory, a number of transfer trajectories are determined using 
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point-conic method, during a launch opportunity, by varying departure dates and 

flight durations. These trajectories are represented using “porkchop” plots for a given 

launch opportunity. Figs. 1.5 and 1.6 show porkchop plots for Mars mission launch 

opportunity during 2018 for fly-by and orbiter missions, respectively.  

Fig. 1.5: C3 Departure contour plots for the 
launch opportunity to Mars during 2018 

Fig. 1.6: C3 Total contour plots for the launch 
opportunity to Mars during 2018 

Two regions of minimum exist and they are known as type 1 and type 2 

opportunities. For type 1 opportunity, the transfer angle is less than 1800 and for type 

2 the angle is greater than 1800. The 1800 transfer ridge, or pseudo-Hohmann 

(perihelion to aphelion) nodal transfer opportunity subdivides the two types of 

opportunities. This ridge is associated with all diametric, ie, near-1800 transfer 

trajectories because the planetary orbits are not strictly coplanar. At these ridges, high 

inclination transfers are found because the spacecraft velocity vector due to Earth’s 

orbital velocity must be rotated through large angles out of the ecliptic in addition to 

the need to acquire the required transfer trajectory energy. This high energy 

requirement for pseudo-Hohmann transfer can be eliminated using “broken-plane” 

Manoeuvres (Sergeyevsky et al., 1983). 

 

1.3.1. Injection Conditions: 
Consider a vehicle coasting in an Earth Parking Orbit (EPO). The radius of 

the circular EPO is r1 and its inclination is i with respect to the equatorial plane. An 
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interplanetary orbit from Earth to target planet has been determined and it is desired 

to find the point on the coasting orbit where the minimum impulsive change in 

velocity can be made so that the vehicle can move away from the Earth along a 

hyperbola whose asymptotic velocity vector is V∞ dep. Initial orbital speed of the 

vehicle is 

    √
  

  
                                                          

where, µE is Earth’s gravitational constant. From the interplanetary orbit calculations 

the asymptotic relative velocity vector V∞ dep is determined. The unit excess 

hyperbolic velocity vector is given by  

 ̂   [

          
          

     

]                                                      

So from the components of  ̂ , the right ascension (  ) and declination (  ) are 

computed. The magnitude of the velocity vector immediately following the injection 

impulse is 

   √
  

  
       

                                                            

Since v0 and v1 are fixed in magnitude, the velocity change          is 

minimized by making the angle ψ between them as small as possible. If a point on the 

coasting orbit can be found such that r1, v0, V∞ dep are coplanar, then the optimum 

point of injection occurs at the perigee of the escape.  

 

1.3.1.1. Tangential Injection from Perigee (i ≥ δ∞) 

In this case, there will be two opportunities to establish a departure 

hyperbola that satisfy the energy and orientation of the outgoing asymptote. One 

injection opportunity will be while the spacecraft is ascending and the other will be 

while the spacecraft is descending along the orbit. For the case where i = δ∞, there 

will be a single injection opportunity. The EPO right ascension of ascending node () 

for each opportunity can be determined from (Battin, 1999) -  
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The arguments of the injection points (u) measured from their respective ascending 

nodes are (Battin, 1999),  

        (
        

       
)                                                     

         (
        

       
)                                                   

where, ∞ is the true anomaly at ∞, and β∞ is the angle between the outgoing 

asymptote and the spin axis of the Earth. 

 

1.3.1.2. Tangential Injection from Perigee (i < δ∞) 

High declination trajectories require a non-tangential impulse because the 

angle between the EPO and departure hyperbola orbit planes is non-zero (Battin, 

1999). 

A unit vector normal to the EPO can be computed from 

 ̂  
          

     
 ̂  

    

     
 ̂                                     

A unit vector in the direction of the ascending node of the EPO is given by  

 ̂  
 ̂   ̂

    
                                                          

And hence 

       (     )                                           

and the true anomaly of the injection impulse on the EPO is given by 

          (
     

         
)                   
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1.4. Methods to reduce ∆V requirements for 

Interplanetary Missions 

Among the favourable trajectories for interplanetary missions the minimum 

energy ( V ) transfer trajectories are evaluated because they provide a consistent 

starting point for the evaluation of the spacecraft’s initial mass in the Low Earth Orbit 

(LEO). A significant fraction of the spacecraft’s initial mass in LEO is the propellant 

mass required to accomplish the interplanetary transfer. Reduction in the V  

requirements will reduce the propellant mass and thus increase the payload mass of 

the spacecraft.  

1.4.1. Gravity Assist Manoeuvre 

In Swing-by (SB) or Gravity Assist Manoeuvre, the spacecraft flies close to 

a planet or planet’s natural satellite for gaining heliocentric velocity. This gain in 

heliocentric velocity helps in reducing the total impulse requirement of the spacecraft. 

SB Manoeuvre is not mandatory for reaching nearby planet eg. Mars and Venus, but 

it becomes necessary for farther planets like Mercury, Jupiter etc. Generally, SB 

Manoeuvres are unpowered. In certain cases, a powered SB (adding a small impulse 

at close approach to swing-by planet) provides flexibility to mission designers. The 

mathematical formulation of unpowered SB is in Longuski and Williams (1991) and 

of powered SB in Prado (1996).    

Use of gravity assist trajectories for energy gain purposes has been utilized 

for a number of planetary missions including Voyagers 1 and 2, Pioneers 10 and 11, 

Galileo and others. Mariner 10 was the first spacecraft to make use of GA Manoeuvre 

in 1973. It used Venus swing-by to bend its flight path and bring its perihelion down 

to the level of Mercury’s orbit for multiple fly-bys. Voyager 2, launched in 1977, was 

the first spacecraft to travel to Uranus and Neptune taking help of Saturn swing-by, 

thus completing the Planetary Grand Tour in just 12 years. Until Ulysses, launched in 

1990, the Sun was only observed from low solar latitudes because a direct launch into 
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a high inclination solar orbit would require prohibitively large launch vehicle. 

Ulysses utilized Jupiter’s GA to increase its inclination to the ecliptic by 80.20. 

1.4.2. Aerobraking 

Aerobraking is a spaceflight manoeuvre that reduces the apoapsis of an 

elliptical orbit by flying the spacecraft through the atmosphere at the periapsis, using 

drag to slow its velocity. Aerobraking saves fuel, compared to the direct use of a 

rocket engine, when the spacecraft requires a low orbit after arriving at a planet with 

an atmosphere.  

Aerobraking is accomplished in 

three phases (Fig 1.7): 

 Walk in Phase: The spacecraft 

is captured into an orbit with a 

periapsis altitude, well above 

the atmosphere in order to 

accommodate navigational 

uncertainties associated with 

the approach trajectory. The 

periapsis is then lowered into 

the atmosphere.  
 

Fig. 1.7: Mechanics of Aerobraking 

 Main Phase: The main phase begins when periapsis is lowered to an altitude 

where the drag is approximately equal to the planned, long term value required to 

shrink the orbit in the allocated time. Periodic propulsive “corridor control” 

Manoeuvres are required to maintain the drag in the appropriate range.  

 Walk out Phase: The walk-out phase begins as the spacecraft approaches a 

circular orbit or the desired orbit. Aerobraking is terminated with a Manoeuvre 

which raises the periapsis out of the atmosphere and places it near the mapping 

orbit altitude. 
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Magellan in 1993 became the first planetary spacecraft to accomplish 

aerobraking as a demonstration. It used Venus atmosphere to reduce its apoapsis by 

nearly 8000 km using little propellant. Mars Global Surveyor was the first spacecraft 

to employ aerobraking at Mars to reach its desired mapping orbit. It was launched in 

1996 with planned mission ∆V deficit of nearly 1250 m/s. It was followed by Mars 

Odyssey and Mars Reconnaissance Orbiter, which also utilized aerobraking at Mars. 

From these missions it is well known that about 30% impulse can be saved using 

aerobraking at Mars compared to the use of spacecraft thrusters to establish an orbit, 

but at the cost of flight duration. Mechanics of aerobraking and past mission details 

can be found in Repic et al, (1968); Schy and White (1969); Cook (1992); Striepe et 

al, (1993); Doody (1995); Beerer et al. (1996); Lyons (2000).   

1.4.3. Aerocapture  

Aerocapture (Fig. 1.8) is a 

technique used to reduce 

hyperbolic velocity of an incoming 

spacecraft using the planet’s 

atmospheric drag so that it gets 

captured into an orbit around that 

planet. Only one pass in the 

atmosphere is required by this 

technique, in contrast with 

aerobraking. It requires significant  

 
Fig. 1.8: Mechanism of Aerocapture 

thermal protection and precision closed-loop guidance during the Manoeuvre. 

Aerocapture has not yet been tried on a planetary mission. Re-entry skip by 

Zond-6 and Zond-7 upon lunar return were aerocapture Manoeuvres. Aerocapture 

was originally planned for the Mars Odyssey orbiter, but later changed to aerobraking 

for reasons of cost and commonality with other missions. Aerocapture has been 

proposed for arrival at Saturn's moon Titan (Bailey et al., 2003). 
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1.4.4. Weak Stability Boundary Transfers 

Belbruno in 1987 discovered this new type of transfer from Earth to Moon 

using ballistic lunar capture (ie, no ∆V for LOI). In Ballistic Capture the spacecraft 

goes into an unstable orbit around Moon automatically, for finite time. In weak 

capture state it is in the transitional boundary between capture and escape. Weak 

capture state can be mapped out as regions in the phase space. Initial orbit conditions 

depend on the location of the Sun relative to the Earth and the Moon. 

Weak stability boundary transfers save about 150 m/s ∆V for lunar mission 

compared to conventional Hohmann transfers, which comes out to be 5% of 

spacecraft mass reduction (assuming 300s ISp). It offers wide range of possible lunar 

insertion points compared to Hohmann transfer. Circular Restricted Three-Body 

Problem is the base model for trajectory design. The Capture process is gradual and 

so there is no need of large thrusters. The major disadvantage of this method is high 

time of flight of about 3 to 4 months for lunar missions. This makes it suitable for 

rescue mission, cargo missions for permanent lunar base, sample return etc. and not 

suitable for manned missions. High reliability of sub-systems is required due to 

which overall mission cost increases. Also the spacecraft should have improved 

radiation protection. Long link-distance is required as spacecraft travels 15-20 lakh 

km away from Earth (Belbruno, 1987; Belbruno and Miller, 1993; Belbruno, 2005; 

Belbruno, 2007). 

WSB transfer was first utilized by Hiten 

(Fig. 1.9) to reach Moon. The mission originally 

had two spacecraft, Muses-A and Muses-B; B was 

to go into orbit around the moon with A remaining 

in Earth orbit as a communication relay. B failed 

and A did not have sufficient fuel to make the 

journey. Utilizing a trajectory concept by Belbruno  

 
Fig. 1.9: Hiten spacecraft 

(https://en.wikipedia.org/wiki/Hiten) 

(1990), which is more energy-efficient than the one planned for B, Muses-A 
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(renamed Hiten) left Earth orbit in April 1991 and reached Moon in Oct 1991. 

              Gravity Recovery and Interior Laboratory (GRAIL) in 2011 made use of 

WSB trajectory to reach the Moon. This trajectory enabled the mission to reduce fuel 

requirements, protect instruments and reduce the velocity of the two spacecraft at 

lunar arrival to help achieve the extremely low orbits with separation between the 

spacecraft (arriving 25 hours apart) of 175 to 225 km. Fig. 1.10 shows GRAIL-A and 

GRAIL-B trajectories for a launch at the open and close of the launch period. 

GRAIL’s trajectory from Earth follows a 

path towards the Sun, passing near the 

interior Sun-Earth L1 before heading 

back towards the Earth-moon system. 

GRAIL’s primary science objectives 

were to determine the structure of the 

lunar interior, from crust to core and to 

advance understanding of the thermal 

evolution of the Moon (Roncoli and Fuji, 

2010; Chung et al., 2010; Hutch et al., 

2010). 

 
Fig. 1.10: Trajectory GRAIL spacecraft 

(www.nasa.gov/pdf/582116main_GRAIL_launch

_press_kit.pdf) 

 

1.5. Conclusion 

In this chapter, basics of interplanetary trajectory design process are explained in 

brief. Various methods like gravity assist, aerobraking, aerocapture and weak stability 

boundary methods are introduced which help in saving fuel in an interplanetary 

mission. Next chapter gives a flavour of important works carried out in the area of 

low energy transfers.  

  


